
UOT 

Mechanical Department / Aeronautical Branch 

Aircraft Design 

Chapter Ten / Air-Inertia Load Distribution 

------------------------------------------------------------------------------------------------------------------------ 

1-14 Ch.10 

Prepared by A.A. Al-Hussaini                                                                                    2013/201 

10. Air-Inertia load Distribution 

 

10.1. Span-wise air load distribution: 

This subject concerns both the aerodynamicist and the stress analyst. The aerodynamicist is 

usually concerned with properties, which affect the performance, stability and control of the 

airplane. 

The stress analyst is concerned with the load distribution which will represent the most sever 

conditions for various parts of the internal structure of the airplane. 

Exact equations for span-wise lift distribution which can be found in many aerodynamic 

books, can be solved for many wing planform. Analytical and numerical methods to solve these 

equations are available but the calculation is not simple. 

Approximation methods to find span-wise lift distribution are simpler and available. The 

most popular methods are: 

- Schrenk method. 

- Diederich method. 

- Fourier series method. 

10.2. Schrenk method: 

A simple approximated method to find solution for span-wise lift distribution which has been 

proposed by Dr. Ing Oster Schrenk and has been accepted by the Civil Aeronautics Administration 

(CAA) as a satisfactory method for civil a/c. 

Schrenk method relies on the fact that the lift distribution does not differ much from elliptical 

platform shape if: 

- The wing is upswept. 

- The wing has no aerodynamic twist, i.e. zero lift lines for all wing sections lie in the 

same plane (constant airfoil section). Lift is: 

                                                                                                                     

     ̅                                                                                                                              

Lift per unit span length is: 

  ⁄    ̅                                                                                                                            

Where ( ̅) is mean chord for each unit span. Since dynamic pressure (        ) is constant, 

then lift distribution for unit span length depends on (    ) only, i.e. per unit span length:  

  ⁄                                                                                                                         

For unit lift coefficient (    ), load per unit span length,   ⁄ , depends on chord 

distribution    , but the distribution     is not actual wing chord distribution. The over bar is 

omitted since  ̅    for each unit span.  For steady level flight at     : 

                                                                                                                             

   ⁄    ⁄                                                                                                                     

  ⁄  is wing loading and is assumed constant.   
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Schrenk method proposed that the lift distribution per unit span length is the mean value of 

actual wing chord distribution and an elliptical wing chord distribution that has the same area ( ) 

and the same span ( ), see figure (10.1).  

The lift distribution of elliptical platform wing is elliptical distribution. It obeys the wing 

elliptical chord distribution (like British spitfire of word II war). The elliptical chord distribution is: 

            √     
  

  
√  (

  

 
)
 

                                                                     

Lift distribution per unit span for a wing at (    ) is: 

          
 

 
                                                                     

                          
 

 
[                                   ]                          

For each section at a distance y from aircraft center line, i.e. root chord, the Schrenk distribution 

is:  

                  
 

 
[          

  

  
√  (

  

 
)
 

]                                                        

      is the wing chordal distribution. If the value of lift coefficient is unity (    ) then just 

multiply                  by the actual value of wing lift coefficient. The Schrenk distribution is in ( ). 

The local lift distribution in   ⁄ ) is:  

    ⁄    ⁄                                                                                                       

And lift magnitude at each sectional span length is: 

    ⁄                                                                                                               

Schrenk distribution is actual lift coefficient distribution so the local lift coefficient distribution 

is computed as: 

                 ⁄                                                                                                        
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It is very important that the local lift coefficient at any section should never exceed the 

maximum airfoil lift coefficient for this section, from NACA data sheet, else this section may 

stalled if                , see figure (10.2). 

Wing geometrical or aerodynamical twist is used to prevent stall and a recalculation for the 

distribution is necessary.  

Figure (10.2) denotes the effluence of taper ratio on span-wise lift distribution and figure (10.3) 

shows local lift curve distribution. 

 

The result should be tabulated in a table as below with at leas teen sections. 
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𝐶𝑤𝑖𝑛𝑔 : Wing chord at any section (𝑚). 

𝐶𝐿 : Wing lift coefficient. 

𝐶          :  Local lift coefficient at each section. 

𝑏          : Wing span (𝑚). 

𝑆          : Wing area (𝑚 ). 

𝑊 𝑆⁄  : Wing loading (𝑁 𝑚 ⁄ ). 

𝜂 : Non-dimensional parameter. 

𝑤         : Air load distribution (𝑁 𝑚) 

           : =     𝑤1  𝑤  Δ𝑦, Local lift (𝑁). 
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Column (5) gives Schrenk distribution while column (7) gives Schrenk air-load distribution. 

Column (8) gives local air-load value.  

This lift distribution is obviously inaccurate at the wing tips, see figure (10.1). A well designed 

wing will have a rounded tip where approximate method gives closer results to actual distribution 

than for square tip. Analytical and numerical methods also need empirical corrections are often 

applied. 

For wings with aerodynamic twist, the distribution is evaluated in two parts. 

1. Basic lift distribution is obtained for the angle of attack where entire wing has no lift. Where 

some outboard sections have negative lift and some inboard section have positive lift. 

2. Addition lift distribution is evaluated by assuming that the wing has lift but no twist. And 

the distribution can be evaluated by Schrenk method. 

For each section basic and addition lift are added together to give actual section lift. The details 

are left for the student who is interest. Diederich method seems simpler and more general. 

 

10.3. S.F & B.M distribution: 

Schrenk distribution is also used to evaluated shear force and bending moment distribution span 

wise. Evaluation of S.F & B.M values at each wing section has a great importance in wing structure 

analysis. S.F & B.M values are calculated along span-wise increment (  ) as: 

    ∫     
   

 

 ∑(
 1    

 
)    

   

  1

                                                                    

    ∫       
   

 

 ∬     
   

 

 ∑(
   1      

 
)    

   

  1

                             

The result should be tabulated as: 

I 

y
 Load 

intensity w 

Interval 

   

Shear increment 

(
     

 
)      

Shear force 

∑   

Shear increment 

         

 
    

Bending moment = 

∑   

    ⁄                

1 2 3 4 5 6 7 

1.        

2.        

. 

. 

. 

       

 b/2       

Example:  

Find spanwise air-load, shear force and bending .moment distributions over a straight taper 

wing for an aircraft has the following data: 

 

 

 

𝐴𝑖𝑟𝑐𝑟𝑎𝑓𝑡 𝑤𝑒𝑖𝑔 𝑡 ∶       𝑘𝑔;           𝑊𝑖𝑛𝑔 𝑙𝑜𝑎𝑑𝑖𝑛𝑔     ∶        𝑘𝑔 𝑚 ⁄   

𝐴𝑠𝑝𝑒𝑐𝑡 𝑟𝑎𝑡𝑖𝑜        ∶      ;        𝑇𝑎𝑝𝑒𝑟 𝑟𝑎𝑡𝑖𝑜         ∶      

𝐿𝑜𝑎𝑑 𝑓𝑎𝑐𝑡𝑜𝑟        ∶    ;                   If (𝐶  𝑚𝑎𝑥     ) is there any stalled section. 
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   Solution: 

      ⁄  ⁄              ⁄          

  √     √                  

 ̅     ⁄         ⁄          

For straight taper wing (trapezoidal), 

 ̅               ⁄  

 ̅             ⁄  

        ̅      ⁄                ⁄          

                        

I. 

  

 
   ⁄  

  

  
√      ⁄                         

       
      ⁄  

                 ⁄  

1 2 3 4 5 6 7 

1. 

 

2. 

 

3. 

 

4. 

 

5. 

 

6. 

 

7. 

 

8. 

 

9. 

 

10. 

 

11. 

 

12 

0 

 

1 

 

2 

 

3 

 

4 

 

5 

 

6 

 

7 

 

8 

 

9 

 

10 

 

10.863 

0 

 

0.092 

 

0.184 

 

0.276 

 

0.368 

 

0.460 

 

0.552 

 

0.644 

 

0.736 

 

0.828 

 

0.920 

 

1.000 

2.763 

 

2.753 

 

2.718 

 

2.658 

 

2.571 

 

2.455 

 

2.306 

 

2.112 

 

1.872 

 

1.550 

 

1.084 

 

0.000 

2.716 

 

2.616 

 

2.516 

 

2.416 

 

2.316 

 

2.216 

 

2.116 

 

2.016 

 

1.916 

 

1.816 

 

1.716 

 

1.63 

2.741 

 

2.685 

 

2.617 

 

2.537 

 

2.444 

 

2.336 

 

2.211 

 

2.066 

 

1.894 

 

1.683 

 

1.400 

 

0.815 

1.009 

 

1.026 

 

1.040 

 

1.050 

 

1.055 

 

1.054 

 

1.049 

 

1.025 

 

0.989 

 

0.927 

 

0.816 

 

0.500 

904.047 

 

972.777 

 

949.777 

 

912.747 

 

994.474 

 

974.449 

 

279.724 

 

221.417 

 

244.974 

 

020.970 

 

791.491 

 

774.420 

It seems that section 4 and 5, where (                         ) respectively, are closer to be 

stalled. In order to maintain safety margin from stall, an airfoil section with (          ) is 

recommended, but it is acceptable and the distribution of (      ) is flat. The characteristics of 

trapezoidal wing are better than those for rectangular wing since the former is closer to the elliptic 

wing. 
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I y  
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Shear increment 
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∑   

 

 m  m/N  m  N  N  m.N  m.N  

 1 2 3 4 5 6 7 

1. 

 

2. 

 

3. 

 

4. 

 

5. 

 

6. 

 

7. 

 

8. 

 

9. 

 

10. 

 

11. 

 

12. 

0 

 

1 

 

2 

 

3 

 

4 

 

5 

 

6 

 

7 

 

8 

 

9 
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904.047 

 

972.777 

 

949.777 

 

912.747 

 

994.474 

 

974.449 

 

279.724 

 

221.417 

 

244.974 
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1 

 

1 

 

1 

 

1 

 

1 

 

1 

 

1 

 

1 

 

0.863 

 

 

732.856 

 

716.108 

 

696.118 

 

672.752 

 

645.604 

 

614.134 

 

577.667 

 

534.852 

 

483.123 

 

416.401 

 

299.166 

6388.781 

 

5655.925 

 

4939.817 

 

4243.699 

 

3570.947 

 

2925.343 

 

2311.209 

 

1733.542 

 

1198.690 

 

0715.567 

 

0299.166 

 

0000.000 

 

6022.353 

 

5297.871 

 

4591.758 

 

3907.323 

 

3248.145 

 

2618.276 

 

2022.376 

 

1466.116 

 

957.129 

 

0507.367 

 

0129.090 

30767.804 

 

24745.451 

 

19447.580 

 

14855.822 

 

10948.499 

 

07700.354 

 

05082.078 

 

03059.702 

 

01593.586 

 

00636.457 

 

00129.090 

 

00000.000 

To check the validity of solution, compare the value of shear force at wing root with weigh of the 

a/c which must equal half the weight. 

Check:  

                                    
                                 
                                       

              ̿                                   
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10.4. Diederich method: 

 

Diederich method is a modification to Anderson method.  The lift may be divided into additional 

lift ( aL ) and basic lift ( bL ), then: 

           

In terms of non-dimensional parameter ( ba L&L ) used by Anderson R .F. (NACA report 

572, 1936) 

  

 

 ̅
      

    

 
                                                                                             

   
    

   ̅
                                                                                                                  

   
    

 ̅

 

    
                                                                                                        

    
  

      
                                                                                                    

Anderson presents tables for (  ) and (  ) for straight –taper wings with linear twist in 

incompressible flow which can be inserted in equation (18) to evaluated (  ). 

Diederich F. W. (NACA TR 2751, 1952) proposed the following semi-empirical method, 

which yields a satisfactory result for pre-design purpose. It is valid for wing with arbitrary platform 

and lift distribution, provided that the quarter chord line of a wing half is approximately straight. 

This method can be used for straight and swept wings in incompressible or compressible and sub-

critical flow. 

a- Additional lift distribution: 

    1

 

 ̅
   

 

 
√                                                                                         

Coefficients ( 1,    and  ) are evaluated from figure (10-6). Lift distribution function (f) is 

evaluated from figure (10-7). For straight wings (         ) the function (f) is elliptical: 

  
 

 
√                                                                                                                      

 And the equation for (    is simplified to:  

    1

 

 ̅
        

 

 
√                                                                                    

If ( 1         ), the distribution becomes Schrenk distribution. 

 

b- Basic lift distribution: it is evaluated from: 

     [         (
 

  
    1)]                                                                          

  :        Aerodynamic twist. For linear twist        . 
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  :        Aerodynamic twist for tip section. 

  :      Corrected sweep angle,(    ⁄ ). 

  :        Non-dimensional spanwise station, (    ⁄ ).  

  :       Prandtl’s compressibility correction, ( √    ). 

  :       Factor evaluated from figure (10.8). 

   1:    Factor equal to the local aerodynamic twist at the spanwise station for which (     ). 

   1   ∫
 

  

1

 

                                                                                                             

For elliptical Additional lift distribution (  ) and linear twist distribution 

   1     ⁄                                                                                                                        

For straight-taper unswept wings with linear twist distribution : 

   1   ( 1

    

      
        

 

  
)                                                                    

The factor ( 4C ) is evaluated from figure (10.6).  

 

10.5. Inertia Loads 

The maximum load on any part of the airplane structure is at the stage where airplane is 

accelerated. The loads produced by landing impaction, maneuvering or encountering gust in 

flight case are always greater than steady state or equilibrium conditions. Therefore various 

loading factors should be considered. 

 During stress analysis different inertia loads for different airplane parts should be 
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considered. Since the sever conditions occurs at 

wing due to many different dynamic loads during 

flying, our attention will be focused on wing 

group comp. 

 The wing, from structural analysis point of 

view, can be regarded as a simple cantilever beam 

supported at root and free to deflect at tip. 

 Loads at wing are due to: 

- Wing structural weight distribution. 

- Fuel weight distribution. 

- Concentrated loads due to power unit. 

- Concentrated loads due to undercarriage. 

- Other loads due to different parts accommodated in the wing. 

S.F. and B.M. diagrams for inertia loads are evaluated by many methods that the student 

studied these methods in 2
nd

 year within subject strength of material, such as: 

- By considering forces to the left of each section. 

- By integration of equations defining loads and shear curves. 

- By obtaining areas under curves geometrically. 

 

Example:   Find S.F. and B.M. diagram for the beam shown. 

 

Solution: 

Since load intensity increases linearly from (      ⁄ ) at (   ) to (      ⁄ ) at 

(     ), then load at any section is:  

          

a) By direct integration of load distribution ( ).  

     ∫    ∫                   
  

 
 

     ∫(       
  

 
)     

  

 
    

  

 
 

b) By considering forces to the left of each section. Divide the load distribution into two regions 

rectangular and triangular, then: 

           
  

 
 

        
 

 
    

  

 
 
 

 
   

  

 
    

  

 
 

c) by dividing load distribution into strips, and then: 

 

 

 

Area of strip 1                    =S.F. at x1 

Area of strip 1+2            =S.F. at x2 

Area of strip 1+2+3  =S.F. at x3 

Area of strip 1+2+3+4  =S.F. at x4 
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And so on for all sections. After that S.F. diagram is drawn and also is divided into many strips 

to find B.M. diagram. Although the method lengthy, it is quite beneficial for irregular distribution. 

(S.F.) at any section is equal to the area under load curve positioned to the left of the section. 

(For the above example) 

                                                  
 

 
  

(B.M.) at any section is equal to the area under shear force curve positioned to the left of the 

section. 

                           
 

 
                     

  

 
 
 

 
  

Note: Area of parabola = (maximum ordinate * third of the base) 

 

10.6. Wing group load distribution 

For precise calculation of fuel tank volume it is necessary to account for the actual section 

shape of the wing structural layout. But a first guess a total fuel volume tank is needed. 

 

 Fuel tank: 

 Fuel tank cross-section area at any section of chord   and 

thickness ratio     approximately is: 

        
 

 
 
 

 
 
 

 
 

 Volume of fuel tank: 

 - Truncated pyramid 

     
 

 
( 1     √ 1  ) 

*Obelisk 

     
 

 
( 1     

 1      1

 
) 

 Weight of fuel tank which is filled with fuel: 

                

 Wing: 

 Wing cross section area: 

Very crud, roughly is         
 

 
   

 

 
, In order to estimate area of the airfoil section at root or 

tip or other sections, Simpson’s rule with graphical paper or computer aided design software are 

recommended. 

 Volume of wing shape: 

          
  

 
(
 

 
)
    

   √    

      
 

 

 

  = wing Gross area. 

 = Wingspan. 

= Thickness/chord ratio at wing root. 

 = Taper ratio. 

 = Ratio  
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 Weight of wing structure,  , was evaluated early. 

We assume that the wing is a cantilever where wing structure weight 

and fuel weight are distributed linearly and homogenously. As we 

calculated ends cross section area, the load distribution is evaluated as 

flow.  

 1

 1
 

 1

  
 

 1    

 1

  
 

 1: Weight of cross section (1) per unit length (  ⁄ ).  

  : Weight of cross section (2) per unit length (  ⁄ ). 

 1: Area of cross section (1) per unit length (  ). 

  : Area of cross section (2) per unit length (  ). 

Fuel load distribution for half wing is: 

     1                 

     1                 

Notes: 

    nOSimpson fetcfffetcffff
e

Area  ...2...4
3

642321

Where ( n ) is number of sub-divisions, and must be even, ( )n/chord(e  . 

     

    
 

         ⁄      
        ⁄     

 

For maximum S.F. and B.M., all weight should be multiply by maximum load factor. 

It is better to use ( ) for force and (   ) for moment. 

 

 Contribution of concentrated loads: 

The contribution of concentrated loads such as engine weight and undercarriage weight should 

be also considered during S.F. and B.M calculation. 

 

10.6. Total shear force and bending moment.  

The final S.F. and B.M that affect the wing is the summation of air load and inertia load 

contribution. 

                                 

                                 

If sections taken for air and inertia load distribution are the same then the summation is simple, 

else use S.F. diagram and B.M. diagram for air and inertia load distribution to find the values at the 

same sections. 
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10.7. Fuselage group load distribution  

 

 Load distribution includes the mass of 

fuselage and any parts attached to it. Air loads are 

so small, except for fighters with integrated 

fuselage, compared with inertia loads. 

 The load distribution is integrated from 

front and rear airplane edges to amid point which 

usually lies on (y-axis) is passing through (1/4) the 

chord, usually aerodynamic mean chord. Figure 

10.14 shows a typical fuselage S.F. and B.M. 

diagram  
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11. Gust and Flight Envelope 
 

11.1. Flight envelope: 

The various loading conditions are plotted against aircraft speed. For a particular aircraft to 

indicate the flight performance limits. This inter relationship diagram is often referred to as 

flight envelope or (v-n) diagram. To ensure general minimum standards of strength and 

safety, airworthiness regulations lay down several factors which the primary structure of the 

aircraft must satisfy. These factors are: 

 Limited load: the maximum load that the a/c is expected to experience in normal 

operation. It also called “applied load”. 

 Proof load:  the maximum load that a/c structure can withstand without distortion. The 

proof factor is (1.0 to 1.25). 

 Ultimate load: the maximum design load which should be taken into account for various 

uncertainties. For civil aircraft applications, the factor of safety equals 1.5.  

 

 Line   : Limiting condition by stalling characteristics for positive value of       . 

 Point  :   Maximum ( ) for highest angle of attack, positive value of       . 

 Line   : Maximum load factor ( ) for which a/c is designed. 

 Point  :   Maximum ( ) for lowest angle of attack, positive value of        

 Point  :  Maximum ( ) for highest angle of attack, negative value of       . 

 Line   : Limiting condition by stalling characteristics for negative value of       . 
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 Line   : Maximum load factor ( ) for negative maneuvers. 

 Point  :   Maximum ( ) for lowest angle of attack, negative value of       . 

The velocities         are design cruise speed and           are maximum diving 

speed. The envelope (          ) is called flight envelope or (   ) diagram for 

particular a/c at steady flight. Using true air speed (  ) makes (   ) diagram to be drawn 

for a range of altitudes from sea level to the operation ceiling of the a/c, while using 

equivalent air speed (   ) makes the (   ) diagram universal. 

According to European Aviation Safety Agency (EASA) Requirement, Joint Aviation 

Authority (JAA) requirement (JAR 25), Federal Aviation Administration(FAA) requirement 

(FAR 23 and FAR 25) and the International Aviation Organization (ICAO) requirement the 

    diagram has the following details: 

  

  
 

 
 
   

   
 (  ⁄ )

 
     

   

 (  ⁄ )
                                  

    √   ⁄    

Load factors are laid down by airworthiness 

authorities. BCAR imposed the values in table (11.1). 

According to (FAR) part 25 for normal a/c:- 

       
     

       
                       

                

According to (FAR) part 25 for transport a/c:- 
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Note: Weight of a/c should be in 

pound (                ). Table (11.2) 

gives typical load factors according to 

FAR 25. 

11.2. Drawing of flight envelope: 

As the value of load factor ( ) at each 

envelope corner is evaluated, the value of 

corresponding velocity is now computed. 

          
     

  
 

 
 

           
     

    √
  (  ⁄ )

    
                                    

The stall velocity at    , the subscript (eq) is omitted forth going for simplicity, is: 

       √
 (  ⁄ )

        
 

           √                                         

 

 Line    is line for maximum and     lift coefficient. 

In order to draw line    take five points starting from (                   ) and 

substitute in equation (3). At (     ,            ) the velocity at each point is: 

          √  

 Line OF : The same procedure where (                    ). 

          √  

 Line   : at this line (    ) and the velocity of point   is cruise speed and it is evaluated 

according to      valid also for FAR): 

            √  ⁄   

          ⁄           ⁄                  

           ⁄         ⁄                ⁄  

 Line   : at D (    ) and the velocity of point   is dive speed and it is evaluated as: 

According to     : 

                         ⁄  

According to    : 

                          ⁄  

                ⁄           ⁄ .                       ⁄  
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11.3. Load factor application:- 

 

 In section (11-1) we determined load factor (n). It is necessary to relate this load 

factor to given type of maneuver. Two cases arise, the first involve a steady pull out from 

dive and the second is a correctly banked turn. 

  

11.3.1. Load factor at steady pull out:- 

Let us suppose that the aircraft has just begun 

its pull out from a dive so that it is describing a curved 

flight path but is not yet at its lowest point. The loads 

acting on the a/c at this stage of maneuver are shown 

in figure (11.3), where ( ) is the radius of curvature of 

the flight path. (   ⁄ ) is the centripetal acceleration 

towards the center of curvature of the flight path. 

  
 

 
 
  

 
                               

  
 

 
 
 

 
 
  

 
                     

For critical condition which is the lowest point of the pull out,(    ⁄   ) gives      .  

  
 

 
 
  

 
                                     

It is quite possible for severe pull out, small ( ), the a/c is over stressed by load exceeding 

ultimate loads. At high speed, ( ) must be kept large and control surfaces movement must be 

limited by stops or any sufficient means. At low speed, pull out may stall the a/c so stall 

warning device are used as safety precautions, especially at low altitude, since for modern 

high speed a/c a stall can be disastrous. 

 

11.3.2. Load factor at correctly banked turn:- 

In this maneuver the a/c flies in a horizontal turn with no sideslip at constant speed. If the 

radius of the turn is( ) and the angle of bank is ( ), then the forces acting on the a/c re those 

shown in figure (11.4).  
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For horizontal flight turn, the tighter the turn, i.e. ( ) is reduced, the greater the angle 

of bank ( ) should be. If ( ) is increased load factor ( ) will increased also. Aerodynamic 

theory shows that, for a limiting value of ( ), the minimum time taken to turn through a given 

angle at a valve of engine thrust occurs when the lift coefficient (  ) is a maximum, that is 

with the a/c on the point of stalling. 

 

11.4. Gust envelope:- 

 

A gust which is an ascending air current, may hit an a/c during level flight at still air. As 

the a/c enter the gust which has a vertical velocity. The angle of attack will increase by (  ). 

There are several examples of gust profiles and for each profile there is a method of 

analysis. Figure (11.5) gives an 

example for gust profile. 

Early airworthiness requirements 

specified instantaneous application of 

gust velocity ( ), as a sharp-edge gust. 

To evaluate the corresponding gust 

loads the designer may either calculate 

the complete motion of a/c during the 

disturbance or replace the graded 

(ramp) gust by an equivalent sharp-

edge gust. 

 

11.4.1. Equivalent “Sharp Edge” Gust:-  

The simplifying assumptions introduced in the determination of gust loads resulting from 

the „sharp-edged‟ gust, have been discussed in the earlier part of this section. In Fig. 11.6 the 

aircraft is flying at a speed ( ) with wing incidence    in still air. After entering the gust of 

upward velocity ( ), the incidence increases by an amount (  ): 
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        (
 

 
)  

 

 
 

      

 ( ) is usually small compared with ( ). This is accompanied by an increase in aircraft speed  

to   √        where                

The 'graded' gust of Fig. 11.5(b) may be converted to an equivalent 'sharp-edged' gust by 

multiplying the maximum velocity in the gust by a gust alleviation factor,  . Thus: 

        (
  

 
)  

  

 
                                                      

  √(  )       

The increase in wing lift    is then given by: 

         
    

 
                                                              

         
            

  
    

 
 

                                                                            

Neglecting the change of lift on the tail plane as a first approximation, the gust load factor 

   is: 

   
  

 
 
           

 
 

   
          

  ⁄
                                                                

  
      

     
                                                                         

  
 (  ⁄ )

    ̿  
                                                                          

 : Aircraft equivalent air speed in (   ⁄ ). 

 : Gust speed in (   ⁄ ). 

  : Wing lift curve slope 

 : Gust alleviation (effectiveness) factor. 

 : Aerodynamic mass ratio. 

   : Wing loading in (   ⁄ ). 

  : Angle of attack in (rad). 

  : Increment of o due upward gust velocity. 

        ⁄                   

          ⁄                   

         ⁄                     

When a/c in level flight the load factor is unity before striking the gust (   ), then:  

For up gust: 
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  ⁄
                                                         

For down gust: 

        

     
          

  ⁄
                                                         

For tail plane contribution, the change in tail plane angle of attack (   ) is not equal to the 

change in wing angle of attack (   ), due to downwash effect at tail. 

          
                  

                         

                                                                                

Neglecting any change in a/c velocity ( ) at wing and tail. 

    
  

 
 
       

 
 
     

  
(         ) 

    
     

    ⁄
(   

  
  
  )                                                 

                                                                                    

For first simple approximation, take a/c overall lift coefficient, which can be evaluated 

from wind tunnel tests, to replace for (          ). For no further information the tail 

term may be neglected for the sack of simplicity  

  : Wing lift-angle of attack curve slope (    ⁄ ). 

  : Horizontal tail lift-angle of attack curve slope (    ⁄ ). 

  : Wing area (  ). 

  : Horizontal tail area (  ). 

Lift – angle of attack slope should is taken 

from earlier work in wing design chapter, but a 

rough approximation is:- 

  
  

  
  
   

 
  

  
 
  

   

The value of (  ) is evaluated from equation 

(17 & 18) or equation (22) at each envelope 

corner and a diagram like the one in figure (11-7) 

should be drawn. 

 

11.5. Flight-Gust Envelope:- 
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The final result of calculations of load factors for flight and gust conditions should be 

tabulated and a flight-gust envelope for the largest values of   at each point should be 

tabulated as in table (11.3) and be drawn as in figure (11.8). 
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chapter 12. Wing Lift,    and Tail Lift,    at Symmetric Maneuvering Conditions. 

 

12.1. Introduction: 

The subject is related to the evaluation of wing lift and tail lift at all corners points of flight-gust 

envelope which represents different at symmetric maneuvering (flight) Conditions. At each 

envelope point, load factor and velocity are defined and they for certainly will affect the magnitude 

and direction of air load on wing and tail. 

The attitude of aircraft whether it is in steady level flight or not also affects the magnitude and 

direction of the wing and tail air load. Where, for angular acceleration or deceleration, the aircraft 

pitching moment inertia,  , has a great influence in the calculations. 

Lastly, wing pitching of moment,      , which is a wing character has also the same influence. 

This type of pitching moment should be transfer from aerodynamic center to aircraft center of 

gravity and the new pitching moment,   , should be used. 

 As the location of the wing and tail has been decided early, then all necessary dimensions have 

been calculated. Since aircraft center of gravity was estimated early, then the distance from (c.g.) 

for each aircraft component to aircraft c.g. is known. So these air loads are calculated as follow: 

 

12.2. Moments of inertia: 

According to class II method (a more detailed method) described by Dr. Jan Roskam, the aircraft 

pitching moment of inertia is evaluated as follow: 

    ∑     

 

 

 ∑  [(        )
 
 (        )

 
]

 

 

                                                

The first term in Eqn. (12.1) represents the moment (or product) of inertia of component i about its 

own center of gravity. 
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Moments (and products) of inertia of airplane components about their own center of gravity can 

be computed in a relatively straightforward manner by assuming uniform mass distributions for 

structural components. An example of the latter would be the airplane fuel system. Major fuel 

system components such as pumps, bladders and the like can be considered to be concentrated 

masses distributed around the fuel system c.g. Equations (12.1) is simplified to compute the 

moments of inertia of the fuel system about its own e.g. 

    ∑  [(        )
 
 (        )

 
]

 

 

                                                                    

For rolling moment of inertia,    : 

    ∑  [(        )
 
 (        )

 
]

 

 

                                                                    

For yawing moment of inertia,    : 

    ∑  [(        )
 
 (        )

 
]

 

 

                                                                    

And the cross moment of inertia,   ,     and     are evaluated as: 

    ∑  [(        )(        )]

 

 

                                                                             

    ∑  [(        )(        )]

 

 

                                                                             

    ∑  [(        )(        )]

 

 

                                                                            

For symmetric airplane the (        )       then       and      . And also the term     is 

not important at preliminary design stage. Taking into consideration that the term (        )
 
 

(        )
 
 so then the system of equation is reduced to: 

        ∑  (        )
 

 

 

                                                                               

    ∑  (        )
 

 

 

                                                                                                  

 According to class I method (a less detailed method) described by Dr. Jan Roskam, the moments of 

inertia of the airplane in terms of the radius of gyration for the airplane are then found from the 

following equations: 

         
        ̅ 

  ⁄                                                                                               

        
         ̅ 

  ⁄                                                                                               

        
         ̅ 

  ⁄                                                                                               

Where  ̅ 
 ,  ̅ 

  and  ̅ 
  are a non-dimensional radius of gyration and they are: 
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 ̅      ⁄  

 ̅      ⁄  

 ̅      ⁄  

  (   )  ⁄  

Where   is airplane span and   is airplane length. Airplanes of the same mission orientation tend to 

have similar values for the non-dimensional radius of gyration. Tables 12.l through 12.l2 present 

numerical values for these non-dimensional radii of gyration for different types of airplanes. 

The procedure for estimating inertias as follow 

1) List the values of    or     ,     and the size   for the airplane being designed. 

2) Select values for the non-dimensional radii of gyration corresponding to    or     . 

3) Compute the airplane moments of inertia from Eqs 12.4. 

4) Compare the estimated inertias with the data of Figures 12.2 through 12.4. If the comparison is 

poor make adjustments.  

 



UOT 

Mechanical Department / Aeronautical Branch 

Aircraft Design 

Chapter Twelve / Wing Lift,    & Tail Lift,    at Symmetric Maneuvering Conditions. 

------------------------------------------------------------------------------------------------------------------- -------------------- 

4-12 Ch 12 

Prepared by A.A. Al-Hussaini                                                                                    2013/2014 

 



UOT 

Mechanical Department / Aeronautical Branch 

Aircraft Design 

Chapter Twelve / Wing Lift,    & Tail Lift,    at Symmetric Maneuvering Conditions. 

------------------------------------------------------------------------------------------------------------------- -------------------- 

5-12 Ch 12 

Prepared by A.A. Al-Hussaini                                                                                    2013/2014 



UOT 

Mechanical Department / Aeronautical Branch 

Aircraft Design 

Chapter Twelve / Wing Lift,    & Tail Lift,    at Symmetric Maneuvering Conditions. 

------------------------------------------------------------------------------------------------------------------- -------------------- 

6-12 Ch 12 

Prepared by A.A. Al-Hussaini                                                                                    2013/2014 



UOT 

Mechanical Department / Aeronautical Branch 

Aircraft Design 

Chapter Twelve / Wing Lift,    & Tail Lift,    at Symmetric Maneuvering Conditions. 

------------------------------------------------------------------------------------------------------------------- -------------------- 

7-12 Ch 12 

Prepared by A.A. Al-Hussaini                                                                                    2013/2014 



UOT 

Mechanical Department / Aeronautical Branch 

Aircraft Design 

Chapter Twelve / Wing Lift,    & Tail Lift,    at Symmetric Maneuvering Conditions. 

------------------------------------------------------------------------------------------------------------------- -------------------- 

8-12 Ch 12 

Prepared by A.A. Al-Hussaini                                                                                    2013/2014 



UOT 

Mechanical Department / Aeronautical Branch 

Aircraft Design 

Chapter Twelve / Wing Lift,    & Tail Lift,    at Symmetric Maneuvering Conditions. 

------------------------------------------------------------------------------------------------------------------- -------------------- 

9-12 Ch 12 

Prepared by A.A. Al-Hussaini                                                                                    2013/2014 



UOT 

Mechanical Department / Aeronautical Branch 

Aircraft Design 

Chapter Twelve / Wing Lift,    & Tail Lift,    at Symmetric Maneuvering Conditions. 

------------------------------------------------------------------------------------------------------------------- -------------------- 

10-12 Ch 12 

Prepared by A.A. Al-Hussaini                                                                                    2013/2014 

 

 

12.3. Symmetric maneuvering (flight) conditions: 

For vertical equilibrium, from figure (12.5.): 

                                                                                                                   

Taking moment about airplane center of gravity in the plane of symmetry,( vertical plane 

divided the a/c into two symmetry halves): 

                 ̇                                                                             

         
   ̅                                                                                                 

For level flight, there is no angular acceleration, i.e. ( ̇   ) then eq. (12.2) becomes: 

                                                                                                  
 ̇  : Angular acceleration, rate of change of angular velocity in (         ⁄ ). 

 : Aircraft velocity,    ⁄  or   ⁄ . 

  :  Pitching moment of inertia,        or       

 :  Airplane weight,     or  . 

  :  Mass of each part of the airplane,    or   . 

   :  Distance from each part c.g. to airplane c.g.    or  . 

   : Pitching moment coefficient about airplane c.g., which is evaluated during wind tunnel test. 
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If (   ) is not available then take (      ) about airplane a.c. If the latter is not available also, 

then take (      ) from NACA data sheet for the airfoil you chosen which is a two-dimensional 

pitching momentum.  

  :  pitching moment about a/c c.g. it comes from transferring      from aerodynamic center to 

aircraft center of gravity. 

      : pitching moment coefficient about a/c aerodynamic center. 

      : A two-dimensional, airfoil pitching moment about a.c. 

 

For the analysis of symmetric maneuvering conditions are mainly consist of : 

a) Maneuvering balanced conditions. Assuming the airplane to be in equilibrium with zero pitching 

acceleration, the maneuvering conditions (A) through (I) on the maneuvering envelope in figure 

12.6 must be investigated. 

b) Pitch maneuver conditions. For maximum or specified pitch control displacement must be 

investigated  as in (a) with positive and negative pitching acceleration. 

 The positive and negative 

acceleration must be equal to at least 

(according to Part 25: Airworthiness 

Standards: Transport Category, 

Special FAR, subpart C)  

 ̇   
  

 
 (     )                    

 ̇   
  

 
 (     )                    

  is the positive load factor at the 

speed under consideration, and   is 

the airplane equivalent speed in knots. 

In order to evaluate Pitching 

moment of inertia,  , a similar to table 

(12.13.) is used, or from eq 12.4. The 

shown table is very simple. It includes main 

a/c parts only. The clockwise    about a/c 

c.g. is    , while the counter clockwise   

about a/c c.g. is –   . The actual table 

should include all a/c parts, payload and 

fuel for different loading cases.The values 

of (  ) and (  ) at each corner of flight-

gust envelope, with and without angular 

acceleration, are now computed and should 

be tabulated as illustrated in table (12.14): 
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13. Drag Estimation 
 

 

13.1. Introduction: 

In this initial study the landing conditions are assumed similar to take off conditions. Detailed drag 

estimation is usually very elaborate exercise for which most a/c manufacturers have developed their 

own procedures. 

Area drag method is very important. Whereby drag area for each principal part of the a/c is 

found, the aircraft characteristic drag area is 

found and then from which a/c zero lift drag 

(    ) is found. 

                                          

Usually skin friction drag is dominant for 

slender streamed bodies, see table (13.1) for 

typical values. Aircraft drag coefficient is 

evaluated from the following formula: 

                                             

     
 

      
   

Where  

      : zero lift drag (profile drag). 

     : Wave drag due to compressibility. 

      : lift dependent drag (parasite drag). 

 

13.2. Drag Area method: 

Area drag method is an elementary method for preliminary design stage which is assumed 

satisfactory. Preliminary stage drag estimation may be accomplished by adding the individual area 

drag contribution of the various components of the a/c; 

     
∑       

  
                                       

The term (       ) is called the drag area of each a/c component and it will be evaluated for each 

individual aircraft external part. 

 

13.3. Zero lift drag at take-off stage: 

A simplified area drag method based on graphics presented by “Royal Aeronautical Society” 

through “Engineering Science Data United Ltd” is presented here in some details. This procedure is 

valid also during other flight stages. Methods mentioned by in books such “Synthesis of Subsonic 

Airplane Design by Egbert Torenbeek” and “Airplane Design by Dr. Jan Roskam” are strongly 

recommended.  
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13.3.1. Wing: 

i) Compute Reynolds number,       ̅  ⁄ .  

ii) Assume transition point from laminar to turbulent flow, usually from wind tunnel tests. Let us 

say for example it occurs at (    ̅ . 

iii) Find (    ) for flat plate at zero incidence from sheet           . 

iv) Find correction factor,  , from sheets            and            to account for transition 

point and thickness chord ratio ,  ⁄ , taking into consideration trailing edge angle, ,.where   is 

the  ratio of profile drag coefficient of wing to that of corresponding flat plate at the same (   

and  ). 

 

Sheet            is used for (i) Conventional sections (    series and        digit series). 

(ii) Early experimentally low drag sections of the     and    type. (iii) Low drag section of 

         series. Sheet            is an extension of to cover low drag section of the         

and similar series. Sheets           ,            and            apply to incompressible 

condition only. Now: 

                                                                                              

For roughness ( 0010. ) mm no correction is needed. For other surfaces: 

Correction = 1.05 for metal. 

       = 1.10 for good paint. 

      = 1.50 for doped fabric. 

 

v) Find Profile drag coefficient increment due to full span single slotted flap from sheet 

          having flap angle in degree,   and flap chord in m,   . 

                  
            

                                                                         

 

vi) Find conversion factor,  , for profile drag increment due to part span flap from sheet 

           

                  
            

                                                                       

The term (      ) is used during take off and 

landing stages only, and is ignored during cruising. 

Example.  

Find the conversion factor for the flap arrangement 

shown. It has a split flap of chord      at a flap angle 

of      , where           ,           , 

          ,           , Span,          , 

thickness chord ratio,  ⁄       , Aspect ratio, 

     and taper ratio,      . 
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Solution: 

From sheet             

    ⁄                  ;    ⁄                  

    ⁄                  ;    ⁄                  

                                       

 

vii) Add allowable factor for flap gaps, hinges, linkages, etc. of value (1.10). the final wing profile 

drag coefficient is then: 

             
                           

                                                                

 

viii) Evaluate wing drag area: 

                                                                                          

 

13.3.2. Empennage: 

For horizontal tail: the procedure is the same as for the wing, use roughness factor correction 

(1.05) and allowable factor for flap gaps, hinges, linkages, etc. of value (1.5). 

                                                                                                

 For vertical tail: the procedure is the same as for the wing, use roughness factor correction 

(1.05) and allowable factor for flap gaps, hinges, linkages, etc. of value (1.32). 

                           
                                                                 

 

13.3.3. Fuselage: 

i. Find diameter to length ratio (    ⁄ ) and Reynolds number         ⁄ . 

ii. Use sheet           for transition from laminar to turbulent flow at nose or sheet          
 

for transition point at (     ) or sheet          
 
for transition point at (     ), to evaluate 

(            ). 

iii. Use roughness factor correction (1.05) and allowable factor for protrusions, gaps, hinges, 

linkages (1.05). 

                                                                                         

iv. Evaluate fuselage drag area: 

                                                                              

 

13.3.4. Cockpit:  Take the following data: 

                 For smooth well rounded cockpit. 

                             for angular or open cockpit.  
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13.3.5. Nacelle: 

i. Find diameter to length ratio (    ⁄ ) and Reynolds number (        ⁄ ). 

ii. Use sheet           or sheet           or sheet            to evaluate            . 

iii. Use roughness factor correction (1.10) and allowable factor for gaps, hinges, linkages, etc 

(1.05), and also nacelle sharp edges (1.2) 

                                                                                            

iv. Evaluate nacelle drag area:   

                                                                                 

 

13.3.6. Undercarriage: 

At takeoff and landing 

stages all undercarriages 

are extended down and 

they are contribute a great 

deal of drag to a/c. at 

cruise stage all u.c. are 

usually extracted and 

contribute nothing to a/c 

drag except for fixed type 

u.c. Table (13-2a) 

represents the drag 

coefficients of several 

types of wheels. In table 

(13-2b) drag can be 

appreciably reduced by 

various types of 

streamlined fairings.  

 Drag area of 

undercarriage is evaluated 

as flow: 

 Main wheel:- let as assume that there are two bogies, each one has two wheels and two 

fairings, then: 

                                                                               

Where     from table 13.2b for each item and   is the frontal area 

 Nose wheel: - the same as for main u.c. there are usually one assembly with two (one) wheels 

plus fairings and a leg. 
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13.4. Interference drag:-  

The evaluation of interference drag is a bit complicated because on a/c many types of 

interference drag and for each one the influence on vortex (pressure) drag and profile (skin friction) 

drag should be study. There are the following interference drag types: 

 Wing-fuselage. 

 Nacelle-wing. 

 Nacelle-fuselage. 

 Tail-fuselage. 

 Tail-wing. 

The wing-fuselage interference drag is seemed to be the significant one. The following empirical 

relation can be used: 

                        
     ⁄      

   
                                                                      

     for low wing. 

     for high wing. 

So the aerodynamic efficiency for high wing is better than that for low wing, since the high wing 

produces lower drag than low wing.. 

 

 

13.5. Zero lift drag at cruise stage. 

 A similar procedure can be adopted to find drag equation at cruise stage where no flap 

contribution and no undercarriage contribution. A more detailed and a more accurate procedure is 

as the follow: 

Drag at cruise = incompressible wing drag + compressible wing drag + extra to wing drag + lift dependent drag.  

                     
              

          
            

                     
         

       

 

13.5.1. Incompressibility wing drag:- as explain previously or from the following empirical 

formula: 

         
              

 
    {          ⁄       }

            ⁄
 

    

      
                                            

          
     {        ⁄      }

       
                                                                            

    

      
     

                  
        

        

              
                                                           

  ⁄  : Thickness/chord ratio. ;  :Aerodynamic sweep of wing. 

   : Reynolds number.  ;   ⁄  :Roof position of chord wise pressure distribution. 

   : Aspect ratio   ;     : Net wing area. 

       : Gross wing area.  ;  : sweep angle at   chord. 

  : Taper ratio.   ;     : Fuselage maximum diameter. 
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13.5.2. Compressibility wing drag:-  

Compressibility effect on drag are generally ignored at 

Mach number below (0.5), see figure (13-2). The following 

increment may be assumed: 

         
            

        for high speed cruise condition. 

         
            

        for long range cruise condition. 

 

13.5.3. Extra to wing drag:-  

Extra to wing drag result from fuselage, u.c. if not 

retractable, nacelle, empennage…etc. the major method is 

exactly as explained in item (13-1) by considering each 

individual element separately and then associate areas drag together. 

                                                                               

           
             

  
                                                                                                              

 

13.6. Drag area, empirical method B :( optional for the student) 

A simplified drag area approach based on statistical data is suggested by (E               ). 

In the present method the zero-lift drag will be calculated according to the following basic equation. 

                {  [                                       ]}              

If there is an extra areas projected to the flow, it profile drag should also be added. 

 

13.6.1. Wing:- Uncorrected drag area for smooth wings is: 

                  {         ⁄             }                                                         

        for cantilever wing. 

            for braced wing. 

  ⁄        is mean thickness chord ratio. 

         is sweep angle at the quarter-chord line. 

         is gross plane-form area 

 

13.6.2. Fuselage:- Uncorrected parasite drag for streamline shape:- 

                     (     )                                                                                        

   : Fuselage length, including propeller spinner or jet engine out let.  

     : Maximum width and length of the major cross section, including canopy. 

   : Shape factor, the ratio of actual wetted area to that of fuselage with elliptical or   circular 

cross section and cylindrical mid section. 
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fr   =1.30 for rectangular cross section. 

   =1.15 for one side of cross section rectangular other side is rounded off. 

   =        (   ⁄ ) for fully stream lined fuselage without cylindrical mid-section where 

       ⁄  is the finesse ratio. 

 

13.6.3. Tail:-  (As for the wing) 

                      {         ⁄             }                                                       

                      {         ⁄             }                                                      

                

 

13.6.4. Nacelle:-  

 Turbojet engine:- 

                 (
   

   
)

   

       
                                                                          

 

 

 

 

 

 

 

 

 

 

 

 

 Turboprop engine:- 

              
   

   
                                                                                                       

 

 

 

 

 

 Piston engine:- 

              
   

   
                                                                                                           

   
                     

               
 

𝑟𝑛 : =1.50 all engine podded.  

=1.65 tow engines podded one is buried in fuselage tail. 

=1.25 engines buried in nacelles, attached on the side of the fuselage. 

=1.00 engines fully buried, with intake scoops on fuselage. 

=0.30 engines fully buried, with wing root intakes.  

𝑟𝑡  : =1.00 thrust reversers installed. 

   =0.82 no thrust reversers. 

𝜆 : by bass ratio. 

Ψ𝑡𝑜 : Specific thrust (jet thrust / air flow) at sea level condition. 

𝑇𝑡𝑜 : Thrust at takeoff at sea level condition. 

𝑝𝑎𝑡𝑚 : Static atmospheric pressure at sea level condition. 

 

𝑟𝑛 : =1.00 ring type inlets.  

=1.60 scoop type inlets, increasing the frontal area. 

Φ𝑡𝑜 : power/engine frontal area at sea level. 

𝑃𝑡𝑜 : Total (equivalent) takeoff horse power at sea level condition. 
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                       ⁄ ,(                     ⁄ ) for engine power up to       .  

                           ⁄   (                      ⁄ ). for engine power                . 

    : Specific thrust (jet thrust / air flow) at sea level condition. 

    : Total (equivalent) takeoff horse power at sea level condition. 

 

13.6.5. Corrections for (Re) and miscellaneous drag:-  

The interference effect, surface irregularities, air scoops, slots, etc. generally affect the boundary 

layer more on small low speed a/c than they do on large high speed a/c, due to the difference in 

relative size. Figure (13-1) shows the relation between Re and correction factors Rer for different 

aircrafts. To account for the effect of the Reynolds number on turbulent skin friction drag and 

miscellaneous drag items, the following formula is used: 

    
                                 

                            
        

                                                   

           
                 

 
 

Figure (13-3) shows that the miscellaneous drag contributions are about (         ) for light 

a/c and about (         ) for large transport a/c. 
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